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Abstract A series of wind tunnel tests was conducted to examine how an end plate affects the pres-

sure distributions of two wings with leading edge (LE) sweep angles of 23� and 40�. All the exper-

iments were carried out at a midchord Reynolds number of 8� 105, covering an angle of attack

(AOA) range from �2� to 14�. Static pressure distribution measurements were acquired over the

upper surfaces of the wings along three chordwise rows and one spanwise direction at the wing

quarter-chord line. The results of the tests confirm that at a particular AOA, increasing the sweep

angle causes a noticeable decrease in the upper-surface suction pressure. Furthermore, as the sweep

angle increases, the development of a laminar separation bubble near the LEs of the wings takes

place at higher AOAs. On the other hand, spanwise pressure measurements show that increasing

the wing sweep angle results in forming a stronger vortex on the quarter-chord line which has lower

sensitivity to AOA variation and remains substantially attached to the wing surface for higher

AOAs than that can be achieved in the case of a lower sweep angle. In addition, data obtained indi-

cate that installing an end plate further reinforces the spanwise flow over the wing surface, thus

affecting the pressure distribution.

� 2017 Production and hosting by Elsevier Ltd. on behalf of Chinese Society of Aeronautics and

Astronautics. This is an open access article under the CC BY-NC-ND license (http://creativecommons.org/

licenses/by-nc-nd/4.0/).

1. Introduction

Calculation of pressure distribution over airfoils operating in

inviscid flow, is one of the classic problems of the fluid motion

theory. Consequently, it has regained significance in designing

swept wing aircraft.

The reasons for the application of swept wings to high-

subsonic-speed aircraft are now well-established. Namely, a

swept wing has a greater critical Mach number than that of

a corresponding unswept wing. In addition, the variation of
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pressure coefficient with Mach number for a given swept wing

is smaller compared to that of an unswept wing with the same

airfoil shape. Moreover, on a swept wing, the critical value of

pressure coefficient is reached at a higher freestream Mach

number. Furthermore, at low Mach numbers, the perturbation

velocities are small compared with those of an unswept wing.

The tendency of a sweptback wing to tip stall is due to the

induced spanwise flow of the boundary layer from root to tip.

Since the tip of a sweptback wing is located aft part of the wing

(behind the center of lift), it has the effect of moving the center

of lift forward, causing a sharp pitch-up movement and thus

making the stall worse than it was. The tendency to tip stall

is the greatest when wing sweep and taper are combined.

There are many studies containing experimental pressure

distribution measurements. For example, in 1952, a series of

low-speed wind tunnel tests was conducted to determine

boundary layer and surface pressure distribution characteris-

tics of a family of sweptback wings. As a result, it was found

that the experimental data would have had application in giv-

ing a better understanding of the viscous flow phenomena on

sweptback wings, particularly in relation to the stall phenom-

ena.1 Likewise, in 1964, an experimental study was conducted

on sweptback wings at the Ames Research Center to investi-

gate the stall characteristics of swept wings.2 In addition, in

1990, a comprehensive experimental study at the NASA Lan-

gley Research Center was conducted on F-14A variable swept

wings modified for laminar flow, to assess the transition loca-

tion under various conditions. Accordingly, left- and right-

wing pressure distribution measurements at various Mach

numbers and two different altitudes were used to give an expla-

nation for the increased response amplitude of the right wing.3

Furthermore, in 1997, a detailed investigation was conducted

on F-111 aircraft modified with a variable-sweep supercritical

mission adaptive wing (MAW) at the Dryden Flight Research

Center, to improve the aerodynamic characteristics.4 More-

over, in 2011, a series of experimental studies was conducted

to examine the flow field over a swept wing under various con-

ditions at Sharif University of Technology. Subsequently, mea-

surements of pressure distribution were used to predict the

transition point at each chordwise section.5 Further, surface

pressure distribution over a swept wing was exerted by Yen

and Hsu6 to investigate the effects of angle of attack a and

chord Reynolds number Rec on vortex shedding and aerody-

namic coefficients.

On all subsonic wings there is a tendency for a secondary

flow to develop from the high-pressure region below the wing

round the wingtip to the relatively low-pressure region on the

upper surface.7 At a positive lift condition, the flow close to the

tip of a three-dimensional wing tends to curl around the tip,

because the flow is forced from the lower surface region

(high-pressure side) to the upper surface region (low-pressure

side) in a circular fashion (Fig. 1). This tendency for the flow

to leak around the tip causes a circular three-dimensional flow

pattern named vortex, which features a low-pressure core.

Viewed from behind, the port wing tip vortex rotates clockwise

and the starboard vortex rotates counterclockwise. Aircraft

that encounter the wing tip vortices of large preceding aircraft

can experience severe upward or downward loads as well as an

overpowering rolling moment.

The research on the wing tip vortices began in the fifties and

it is still an ongoing study because of its wide range of applica-

tions and because of the big number of fluid dynamic features

that it implies: vorticity sheet rolling up, multiple vortex sys-

tem, high turbulence level and relaminarization, diffusion,

decay, collapse, instability and merging of vortices are just a

few numbers of the aspects that coexist in this phenomena.8

Significant efforts have been utilized to investigate the for-

mation and decay process of a wing tip vortex. Some of those

efforts have been summarized by Spalart.9 Winglets, end

plates, tip sails, wing-grids, and blowing jets are typical exam-

ples of mechanisms for wing tip vortex control. They are effec-

tive in decreasing the strength of the trailing wing tip vortex

and reducing the induced drag.10

The effect of eliminating wing tip vortices on aerodynamic

characteristics has not been fully investigated until now. Only

few experimental investigations on the effect of an end plate

were conducted by Fink and Lastinger11 and Carter.12 Fink

and Lastinger performed a series of wind-tunnel investigations

to determine the ground effect on the aerodynamic character-

istics of thick and highly cambered wings with various aspect

ratios. Further, in 2008, a numerical analysis was performed

to investigate the aerodynamic characteristics and static height

stability of an end plate on an aspect-ratio-one wing in ground

effect.13

End plates are commonly installed on aerodynamic models

to mitigate three-dimensional end effects. Furthermore, exper-

imental studies on flow development over non-circular geome-

tries have similarly found that improved mean spanwise

uniformity can be achieved by installing end plates on these

models.14 Moreover, end plates have been used in a number

of experimental studies on airfoils operating at low Reynolds

numbers.15–18

It should further be noted that a preceding work done by

Soltani et al.19 has successfully investigated the influence of

Reynolds number on the surface pressure distribution over

the same wing models without an end plate. In addition, Pel-

letier and Mueller18 investigated the effects of end plates on

force balance measurements for a two-dimensional Eppler 61

airfoil model at chord Reynolds numbers between 40 � 103

and 100 � 103. As a result, they demonstrated that the pres-

ence of end plates has a strong effect on lift and drag coeffi-

cients at low Reynolds numbers.

The purpose of this investigation is to assess the effects of

end plates on the surface pressure distributions of two swept-

back wings. Static pressure distributions along three chordwise

rows and similar pressure measurements along one spanwise

direction are obtained at a midchord Reynolds number of

0:8� 105 and at angles of attack (AOAs) ranging from

a ¼ �2� to a ¼ 14�.

Fig. 1 Wing tip vortex.
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2. Experimental apparatus

All experiments were conducted in a closed-loop subsonic

wind tunnel with a test section size of

80 cm� 80 cm� 200 cm in height, width, and depth, respec-

tively. The tunnel can be operated over a speed range of 10–

100 m=s. The free-stream velocity V1 was measured using a

pitot-static tube. Flow conditioning was accomplished by a

section of four large, anti-turbulence screens and aluminum

honeycomb installed upstream at a 7:1 contraction section,

producing a freestream turbulence intensity of less than

0.1%. In addition, the non-uniformity of the average velocity

across the cross-section was less than 0:5 percent.

In this investigation, two semi-span 1 : 2:5 scaled models,

which are made of aluminum alloy, were used as test cases

for which the effects of experimental setup on surface pressure

distribution were evaluated. The wing models, which have air-

foil sections similar to that of NACA 6-series, have a leading

edge sweep K of 23� and 40�. Furthermore, the root chord

length Cr is 394 mm, the tip chord length Ct is 172 mm,

and the wing semi span (b=2) is 516 mm, which yield a

semi-span aspect ratio of 0:43 (Fig. 2). A polished aluminum

alloy plate with a rounded leading edge (LE) and trailing edge

(TE) was installed over the test section floor to decrease the

boundary layer effect of the test section on the model. In addi-

tion, to eliminate the formation of wing tip vortices, a Plexiglas

flat plate with a rounded LE and TE and a size of

100 cm� 100 cm� 1 cm in width, length, and height respec-

tively, was installed on the tip of a wing. The wing models were

mounted on a support and then inserted through a boundary-

layer thickness controlling plate. In Fig. 2(a), the general

arrangement of each model used for this investigation when

installed in the wind tunnel is illustrated.

In this study, a pressure instrumentation was located on the

right-wing model of the real airplane. A total of ninety static

pressure taps of 0:4 mm in diameter were distributed along

the model surface in three chordwise rows, i.e., the inboard sta-

tion of the wing (Section 1, 2y=b ¼ 0:2), the middle station

(Section 2, 2y=b ¼ 0:44), and the outboard station (Section 3,

2y=b ¼ 0:78), as well as in one spanwise row along the quarter-

chord line (Fig. 2(b)).

The pressure taps distributed on the upper surface of the

wing were connected by stainless steel tubing to accurate pres-

sure transducers. In most cases, the lengths of the pressure

lines from the orifices to the transducers were limited to less

than 1.5 m, thus minimizing pressure lag effects. Furthermore,

each transducer’s data were collected via a terminal board and

transformed to a computer through a 64-channel, 12-bit

analog-to-digital (A/D) board capable of an acquisition rate

of up to 500 kHz. The raw data were then digitally filtered

using a low-pass filtering routine. During the filtering process,

the cutoff frequency was calculated from either the power

spectrum estimation or frequency-domain analysis. The

advantage of this method is that the noise, which may domi-

nate the signal in the time domain, appears only as a single

peak or spike in the frequency-domain.20

3. Presentation of results

Static pressure distributions over the upper surfaces of the

wings, in both chordwise and spanwise directions, were mea-

sured at different angles of attack. Chordwise pressure data

will be presented first, followed by those of spanwise measure-

ments, and finally a comparison between the measurements

obtained in this experiment (wing with an end plate, WWE)

and the results of the case without an end plate (WOE) will

be given. Each figure of the pressure plots is associated with

a sketch to illustrate the sweep angles of the wings and the rel-

ative locations of the rows of pressure taps.

3.1. Chordwise pressure distribution results

3.1.1. Effect of angle of attack on chordwise Cp

Middle-section static pressure coefficient Cp distributions for

angles of attack from �2� to 6� are presented in Fig. 3 for both

wing models. As illustrated in this figure, at low AOAs,

�2� 6 a 6 2�, the wing section airfoil has a thickness distribu-

tion that leads to a favorable pressure gradient over a large

part of the airfoil. Furthermore, over a significant part of the

wing chordwise Section, the flow is attached to the surface.

It should further be noted that in the region over the wing sur-
Fig. 2 Wing model and test setup schematic, and locations of

rows and surface pressure tabs at the midchord.
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face where dCp/dx < 0, called favorable pressure gradient

region, the value of Cp increases negatively, creating a stronger

suction force over the wing surface; conversely in the region

over the wing surface where dCp=dx > 0; called adverse pres-

sure gradient, the magnitude of Cp decreases, but the value

of Cp increases positively.

As the AOA increases, a suction peak in the chordwise

pressure distribution can be seen that moves upstream

(Fig. 3). For example, on Section 2 of the 40�-sweep (40DS)

wing, at an angle of attack of 0�, the pressure peak is detected

at x=C ffi 0:47, C is airfoil chord, but as the angle of attack

increases to 2� and 4�, the point of Cp;min moves to

x=C ffi 0:44 and x=C ffi 0:03, respectively (Fig. 3(b)). The incre-
ment of the suction peak, which is an indication of increasing

the speed of the air moving past the wing and generating stron-

ger suction pressure on its surface, is clearly visible when

increasing the angle of attack (Fig. 3).

The results show that when the 23�-sweep (23DS) wing is at

angles of attack greater than 4�, the adverse pressure gradient

aft of the point of the suction peak on the middle station

becomes stronger (Figs. 3(a) and 4). A high suction peak near

the wing leading edge indicates that the flow becomes turbu-

lent close to the leading edge where x=C > 0. Static surface

pressure measurements demonstrate that for angles of attack

of 6� and 8�, the flow will definitely become turbulent in a

region of 0 6 x=C 6 0:17. On the contrary, the flow over the

wing surface of this station (Section 2) seems to be completely

attached for an angle of attack range of �2� 6 a 6 8�. It

should be pointed out that due to practical reasons, no pres-

sure tap was installed at x=C > 0:8; therefore, results could

not be obtained close to the wing trailing edge (Fig. 2(b)).

With an increasing angle of attack to 10�, the pressure dis-

tribution over the surface of the 23DS wing represents a signif-

icant decrease in the magnitude of Cp;min
and a slight peak at

the LE, x=C ¼ 0, followed by a region of relatively constant

pressure from x=C ¼ 0:04 aft to x=C ¼ 0:1, and a lack of com-

plete pressure recovery near the TE of the wing (Fig. 4). The

plateau of the pressure distribution is a characteristic of a lam-

inar separation bubble.21

For Reynolds numbers from about 0.8 � 106 to 1.2 � 106,

laminar separation on an airfoil occurs when an adverse pres-

sure gradient of sufficient strength is imposed on an approach-

ing laminar boundary layer and the flow near the surface is

forced to zero velocity at the point of separation. When suffi-

cient pressure recovery is achieved with some distance down-

stream, the flow reattaches, forming a separation bubble.

Furthermore, flow separation leads to the formation of a shear

layer, which divides the recirculating flow within the bubble

and the external freestream flow. Before the laminar shear

layer transits to turbulent flow, the static pressure in the bub-

ble remains fairly constant, and the speed of the reverse flow is

very slow. The beginning and end of this pressure plateau,

which is commonly termed as the ‘‘dead-air” region, mark

the locations of laminar boundary layer separation and sepa-

rated shear layer transition, respectively. Entrainment of

high-energy external flow by the turbulent shear layer allows

for adequate pressure recovery and results in flow

reattachment.22

Considering the data obtained in this investigation, local

separation of the flow first appears near the wing LE, followed

by reattachment of the flow farther aft and then recovery to

essentially freestream pressure. From Fig. 4, it can be seen that

with an increasing angle of attack from 8� to 14�, the suction

peak value continues to increase from �3.23 to �1.37, jCpj

increases near the TE from 0.22 to 0.67, the pressure plateau

lengthens from 0:04 6 x=C 6 0:1 for a ¼ 10� to

0:04 6 x=C 6 0:27 for a ¼ 14�, and the point of reattachment

moves downstream from x=C ¼ 0:1 to x=C ¼ 0:27.

Fig. 3 Effect of AOA on Cp over the middle section, for

�2� 6 a 6 6�.

Fig. 4 Effect of AOA on Cp over the middle section, for K ¼ 23�

and 8� 6 a 6 14�.

1634 M.R. SOLTANI et al.



3.1.2. Effect of spanwise location on chordwise Cp

Fig. 5 shows a comparison between the measured pressure dis-

tributions at three spanwise locations of the 23DS wing for

angles of attack of 0�, 8�, 10�, 12�, and 14�. From the data

obtained, a slight amount of longitudinal shift in the pressure

peak can be detected, as the distance from the wing root to the

wing tip is increased (Fig. 5(a)).

The pressure distribution measurements show a sudden

drop in the magnitude of Cp near the TE of Section 3 for

the 23DS wing (Fig. 5(a)). Moreover, the data obtained indi-

cate that with an increasing angle of attack, jCpj drops more

sharply in this area of the wing surface (Fig. 5(a)–(e). As will

be discussed in Section 3.3 of this article, with an increasing

AOA, a vortex-shaped flow forms on the surface of the end

Fig. 5 Effect of spanwise location on chordwise pressure distribution for K ¼ 23�.
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plate, to which an increasing angle of attack causes its size and

strength to increase, thus affecting a larger area of the flow

field near the tip of the wing surface and resulting in a stronger

spanwise flow. As a result, this vortex affects the airstream

velocity along the outboard section near the TE, and causes

a sudden drop in the pressure distribution near the trailing

edge of the outboard Section.

From Fig. 5(b), it can be noted that when the 23DS wing is

at an 8� angle of attack, at a location downstream from the

suction peak, the rate of pressure recovery on Section 3

decreases significantly, creating a pressure plateau in the pres-

sure distribution. As it was previously mentioned, this plateau

of the pressure distribution which covers a region of

0:04 < x=C < 0:14, is an indication of the laminar separation

bubble formation. In contrast, there is no indication of local

separation on Sections 1 and 2. As the AOA increases to

10�, the rearward edge of the area of laminar boundary layer

separation on the 0:03 6 x=C 6 0:09 outboard station moves

toward the trailing edge of the wing, and the enclosed separa-

tion bubble increases in size, becoming quite apparent before

the separation spreads to the TE (Fig. 5(c)). At this point,

the separation bubble cannot recover the pressure and sepa-

rates from the wing surface, which results in complete Sec-

tional separation over the entire chord length; while in the

middle-Section pressure distribution, just a local separation

near the LE can be observed, which covers a region of

0:04 6 x=C 6 0:1; and is followed by reattachment of the flow

farther aft. Furthermore, over the inboard Section, the flow is

attached to the surface and no characteristic of a stalled airfoil

or local separation exists.

As the angle of attack increases to 1�, the length of the area

of constant pressure on Section 2 increases in size and covers a

region of 0:07 6 x=C 6 0:2. At the same time, increasing the

minimum value of the outboard-Section pressure distribution,

lack of pressure recovery near the trailing edge, and a constant

Cp from x=C ¼ 0:05 to x=C ¼ 0:77 all indicate complete sepa-

ration of the flow over the entire chord of Section 3 (Fig. 5(d)).

From Fig. 5(e), it can be observed that at a 14� angle of attack,

there exists a pressure plateau near the leading edge of Sec-

tion 1 covering a region of 0:03 6 x=C 6 0:09. As noted

before, this area of constant pressure is a characteristic of a

laminar separation bubble which indicates local separation.

As the distance from the wing root to the wing tip is increased,

the length of the pressure plateau increases in size and covers a

region of 0:04 6 x=C 6 0:27 on the mean aerodynamic chord

C (Section 2); however, there is some pressure recovery after

this area of constant pressure, indicating a tendency toward

reattachment of the flow. On Section 3, Cp is nearly constant

in a region of 0:05 6 x=C 6 0:77; indicating that the flow is

separated in this region of the wing.

It is thought that this laminar bubble type of separation

leads to formation of a continuous vortex streak, which

streams inboard and aft when increasing the angle of attack

from 8� (initial appearance near the LE of Section 3) to 14�

(initial appearance near the LE of Section 1). When the

23�-sweep wing is at a 14� angle of attack, a spreading-out

of the separation streak over a larger chordwise distance can

be noted as the distance from the origin of the streak is

increased (Fig. 5(e). It may be that the complete separation

noted above is the result of this spreading-out process. On

the other hand, with respect to, Ref.23 because of the usual sec-

tional lift coefficient distribution on a swept wing, the bubble

appears first at the tip (for an angle of attack of 8�, Fig. 5

(b)) and spreads slowly toward the root, as the wing angle of

attack is increased (comparing Fig. 5(b)–(e)). In this case,

before the leading-edge bubble spreads to the root, the section

near the wing tip (Section 3) has complete separation, and the

bubble has curved back to leave the wing at the farthest

inboard point where separation has reached the trailing edge

(Fig. 5(e). As the angle of attack is increased, both the origin

of the bubble and the point at which it leaves the wing move

inboard (Fig. 5(b)–(e)).

3.1.3. Effect of increasing sweep angle on chordwise Cp

Fig. 6 illustrates the chordwise pressure distributions for the

two wing models at various angles of attack. In Fig. 6(a),

the pressure distributions for the middle station (Section 2)

are compared for the two sweep angles at an angle of attack

of 2�. It can be seen that as the sweep angle increases, the value

of pressure coefficient increases negatively, creating less suc-

tion over the wing surface.

Results show that as the sweep angle increases, the forma-

tion of a laminar separation bubble takes place at higher

angles of attack. Furthermore, with an increasing sweep angle,

at a specified angle of attack, the length of the pressure plateau

decreases. The results in Fig. 6(b) show that at a 12� angle of

attack, there is no indication of local separation or sectional

stall in the inboard section pressure distribution, for both

sweep angles. As the angle of attack increases to 14�, a pressure

plateau close to the LE of the inboard section of the 23DS

wing can be seen, which covers a region of

0:03 6 x=C 6 0:09, while on the inboard station (Section 1)

of the 40DS wing, there is no sign of a pressure plateau

(Fig. 6(c)). As discussed before, this area of constant pressure

is a characteristic of a laminar separation bubble and indicates

local separation of the flow.

The formation of a laminar separation bubble near the

middle-station LE of the 23DS wing, which covers a region

of 0:04 6 x=C 6 0:1, takes place at an angle of attack of

10�. This constant pressure area is followed by flow reattach-

ment farther aft and recovery to essentially free-stream pres-

sure (Fig. 6(d)). From Fig. 6(d), it can be observed that the

laminar separation bubble on the middle station of the

40DS wing is formed at an angle of attack of 10�, covering

a region of 0 6 x=C 6 0:03. It should be noted that, however,

the separation bubbles on the middle sections of the two

models are detected at the same AOA, and it is seen that

as the sweep angle increases, the separation bubble’s covering

region decreases from 0:041 6 x=C 6 0:1 in the case of the

23DS wing to 0 6 x=C 6 0:03 in the case of the 40DS wing.

Moreover, Fig. 6(d) shows that with an increasing sweep

angle, the slope of the pressure recovery aft of the separation

bubble increases. Pressure measurements show that as the

angle of attack increases, the lengths of the laminar separa-

tion bubbles on Section 2 of the models increase in size,

but in the range of angle of attack under experiments, there

is no sign of complete flow separation over the entire chord

of Section 2 (Fig. 6(e) and (f)).

The separation bubble in the outboard section pressure dis-

tribution of the 23DS wing is observed at an angle of attack of

8� (Fig. 6(g)), which covers a region of 0:05 < x=C < 0:14;
while on the 40DS wing’s outboard section, laminar boundary
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layer separation is seen at an angle of attack of 10�, which

covers an area of 0:05 < x=C < 0:14 (Fig. 6(h)). Moreover,

pressure distribution results show that the magnitude of pres-

sure coefficient near the trailing edge of section 3 drops more

sharply, with an increasing sweep angle. As mentioned before,

the vortex-shaped flow formed on the surface of the end plate

results in a spanwise flow from the tip to the root and in the

opposite direction of the swept wing spanwise flow, thereby

affecting the airstream velocity along the outboard section near

the trailing edge and causing a sudden drop in the pressure dis-

tribution near the trailing edge of the outboard station (Sec-

tion 3). It seems that with an increasing sweep angle, the

vortex formed on the surface of the end plate gets stronger,

further affecting the velocity of streamwise flow near the trail-

ing edge of the outboard station.

It can be noted that at a 10� angle of attack, there is an indi-

cation of separation over the entire chord length on the out-

board station of the 23DS wing (Fig. 6(h)), while in the

outboard section pressure distribution of the 40DS wing, char-

acteristics of a stalled airfoil can be seen at an AOA of 14�

(Fig. 6(i)).

As illustrated in Fig. 6, at a particular angle of attack, the

lengths of the laminar separation bubbles over the two wings’

chordwise sections decrease with an increasing sweep angle.

Furthermore, increasing the sweep angle causes the stall phe-

nomena on the chordwise sections to delay. It can be seen that

at an angle of attack of 10�, the flow over the outboard section

of the 23DS wing is completely separated, and characteristics

of a stalled airfoil are clearly visible; nevertheless, over the out-

board section of the 40DS wing, the pressure measurements

show a localized separation which covers a region of

0:05 < x=C < 0:14 followed by reattachment of the flow. Fur-

thermore, no characteristic of a stalled airfoil can be observed,

and the air flow is not separated completely (Fig. 6(h)).

Fig. 6 Effect of sweep angle on chordwise pressure distributions of wing models at various AOAs.
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3.2. Spanwise pressure distribution results

3.2.1. Effect of angle of attack on spanwise Cp

Fig. 7(a) and (b) shows the measured spanwise pressure distri-

butions in terms of Cp versus 2y=b along the quarter-chord

lines of the models at angles of attack ranging from �2� to

14�. As illustrated in Fig. 7(a) and (b), for low angles of attack,

the values of Cp slightly decrease along the span from the wing

root to the wing tip, which indicate a stronger suction force

dominating the outboard region of the wing. It is found that

the magnitudes of pressure coefficients are the lowest near

the wing root and increase outboard, which of course is a char-

acteristic of swept wings. Furthermore, from the pressure

results, it can be seen that with an increasing AOA from �2�

to 4�, the slope of the pressure distribution increases, which

suggests that the suction pressure near the wing tip is getting

stronger more rapidly, compared to that of the inboard region

of the wing. The rate of change of the Cp curve slope for AOAs

ranging from �2� to 4� is presented in Fig. 8 for both wing

models.

The results obtained suggest that at a specific AOA, a dis-

tortion in the pressure distribution near the wing tip area can

be seen. Furthermore, with an increasing angle of attack, a

large portion of the spanwise section near the wing tip is dom-

inated by a very-low-pressure area. Generally, the distortion

observed in this area, which is due to the formation of a vortex,

and the low pressure associated with the centrifugal force

caused by this vortex lead to the formation of a lower-

pressure area on the wing surface (Fig. 7(b) and (d)).

Spanwise pressure results show that this vortex due to the

sweep angle, forms near the tip of the 23DS wing at an 8�

AOA, covering an area of 0:54 < 2y=b < 0:97 (Fig. 7(b)). As

Fig. 7 Spanwise pressure distribution along quarter-chord line.

Fig. 8 Variation of spanwise pressure distribution curve slope.
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it is shown in Fig. 7(b), the point of the minimum pressure,

which shows the vortex core location, pushes inward from

the wing tip to the wing root, increasing the covered area over

the quarter-chord line, when increasing the AOA. At a 12�

angle of attack, a slight drop in the minimum value of the pres-

sure coefficient suggests that the core of the vortex just starts to

get farther from the surface. In addition, it can be easily seen

that with increasing the AOA to 14�, the strength of the vortex

decreases significantly and the pressure peak drops from �1:21
to �1:19; due to a greater distance between the vortex core and

the wing surface. Moreover, it is found that as the AOA

increases from 8� to 10�, a sudden drop in the spanwise Cp near

the tip of the wing indicates that this region of the wing is expe-

riencing an incipient stall due to the vortex breakdown. In

addition, the results show that the separation area moves from

the wing tip to the wing root, when increasing the angle of

attack from 8� to 14�.

In the case of the 40DS wing, the distortion observed in the

pressure distribution, which leads to forming a low-pressure

area near the wing tip, is seen at an angle of attack of 6�. Like

the case of the 23DS wing, as the AOA gets higher, the vortex

increases in size and gets stronger, further reducing the pres-

sure over the quarter-chord line near the wing tip (Fig. 7

(c) and (d)). Results show that in the range of angles of attack

under experiments, there is no sign of a spanwise-pressure-

peak drop, which means that the core of the vortex is succes-

sively close to the 40DS wing surface; however, as it is illus-

trated in Fig. 8, the curve slope of increasing the value of

spanwise Cp;min decreases, when increasing the AOA from 8�

to 14�. Moreover, like the 23DS wing, with an increasing

AOA from 10� to 12�, a sudden pressure drop near the tip

of the 40DS wing shows an incipient stall region due to the

vortex breakdown, which moves toward the wing root when

increasing the angle of attack (Fig. 7(d)).

3.2.2. Effect of increasing sweep angle on spanwise Cp

Fig. 9 shows the effect of increasing the sweep angle on the

spanwise pressure distribution at a 2� angle of attack. As it

is shown, with an increasing sweep angle, a longitudinal shift

in the pressure distribution curve can be observed, which rep-

resents a weaker suction force over the quarter-chord line of

the 40DS wing. Furthermore, it is clearly seen that as the

sweep angle increases, the curve slope of the spanwise Cp

decreases.

The results suggest that at a specific AOA, as the wing

sweep angle increases, the region covered by the vortex gener-

ated on the quarter-chord line near the wing tip decreases in

size. As can be seen in Fig. 7(b) and (d), at an AOA of 8�, this

area of low pressure decreases from 0:54 < 2y=b < 0:97 for the

23DS wing to 0:54 < 2y=b < 0:74 for the 40DS wing.

Fig. 10 illustrates the effects of the AOA and increasing the

wing sweep angle on the minimum value of the spanwise pres-

sure distribution. As it can be seen in the figure, at an 8� AOA,

jCp;minj decreases when increasing the sweep angle from 23� to

40�. In other words, at an 8� angle of attack, with an increasing

sweep angle, the strength of the vortex formed on the quarter-

chord line diminishes. However, it is found that with increas-

ing the AOA to higher values, the magnitude of spanwise

Cp;min over the 23DS wing decreases when compared to that

of the 40DS wing (Fig. 10). As it is shown, for angles of attack

of 12� and 14�, the values of spanwise Cp;min for the wings go in

opposite directions; in other words, the vortex formed on the

quarter-chord line of the 23DS wing weakens in strength,

and the magnitude of its Cp;min drops. On the other hand,

the vortex formed on the 40�-sweep wing quarter-chord line

gets stronger, increasing jCp;min:j. Although in the range of

AOAs under experiments, there is no sign of a sudden drop

in spanwise Cp;min for the 40DS wing, it can be predicted that

the same process will take place at a higher AOA.

Results show that at a specific angle of attack, increasing

the sweep angle results in generating a stronger vortex on the

quarter-chord line, which has lower sensitivity to angle of

attack variations. In other words, as the sweep angle increases,

the vortex remains attached to the wing surface for higher

angles of attack, causing vortex breakdown and Sectional stall

to occur at higher angles of attack.

3.3. Effect of end plate on chordwise Cp

Figs. 11 and 12 show the results of this investigation (pressure

distribution over two swept WWE) and those of19 (pressure

distribution over two swept WOE) at angles of attack of 0�,

2�, 4�, 6�, and 8�. In addition, for more accurate deduction,

corresponding streamline tracks over the surfaces of the wings

are shown in these figures.

Fig. 9 Effect of sweep angle on spanwise pressure distribution at

a ¼ 2�.

Fig. 10 Variation of spanwise Cp;min.
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A comparison of the results shows that in the case of the

23DS wing, at an AOA of 0�, the end plate has almost no effect

on the chordwise Cp; and the predicted data are in very good

agreement with those of19; however, the small difference

between the two pressure data in the outboard station is within

the measurement accuracy range. Moreover, comparing the

CFD results of WWE to those of WOE in Fig. 12(a) shows

no remarkable difference in streamline traces on the two wing

surfaces. As the AOA increases to 4�, data obtained in this

investigation present a larger jCpj near the LE of the chordwise

sections than that in the case of WOE. However, the qualita-

tive features of the pressure distributions remain the same as

the end plate interference is included (Fig. 11(b)).

The end plate causes a blockage effect on the flow and addi-

tional viscous effects, especially near the end plate24. It should

be pointed out that the use of an end plate which acts as a bar-

rier to the spanwise flow along the outboard portion of a wing

and therefore eliminates generation of wing tip vortices, causes

the streamlines in the neighborhood of a model to curve as

they pass over the wing surface. Moreover, near the wing tip

area, the streamlines curve more sharply near the LE and close

to the end plate. These spanwise streamlines encountering the

end plate result in forming a vortex-shaped flow on the surface

of the end plate. It seems that installing an end plate on the tip

of a wing model causes the magnitude of pressure coefficient

near the LE of the chordwise sections to increase, especially

in the outboard-section pressure distribution, when compared

to that of WOE, but as the distance from these regions is

increased, the comparison shows good agreement specially in

the middle and inner sections of the wing (Fig. 11(b)).

Fig. 11(c) and (d) shows that in the case of WWE, increas-

ing the AOA causes the streamlines curve more sharply. Fur-

thermore, the vortex formed on the surface of the end plate

increases in size and moves downstream to the end-plate TE,

Fig. 11 Comparison of chordwise Cp for K ¼ 23�.
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so that at an 8� AOA, its trace amplitude moves toward the

middle section of the wing.

A comparison between Fig. 11(c) and 11(d) shows that as

the AOA increases from 6� to 8�, in Sections 1 and 2 pres-

sure distributions, only the areas near the LE are affected

by the disturbed flow created on the surface of the end plate.

On the contrary, it seems that curving the streamlines more

sharply and increasing the size of the end-plate-surface vor-

tex have a greater effect on the wing’s outboard-section pres-

sure distribution. As a result, it causes a rapid drop in Cp;min

near the outboard-section LE, followed by a lack of pressure

recovery toward the TE. As can be seen in Fig. 11(d), in the

case of WWE, the pressure data show an area of constant

pressure near the LE of Section 3 which covers a region of

0:05 6 x=C 6 0:14, while in the case of WOE, no indication

of a constant pressure area is seen. As previously discussed,

the plateau of the pressure distribution curve is a character-

istic of a laminar separation bubble, which takes place at

lower angles of attack for the case of WWE compared to

those of WOE. Moreover, the results show a sudden drop

in the magnitude of Cp near the TE of WWE compared to

that of WOE.

It is found that by increasing the strength and size of the

end-plate-surface vortex, its effect on Cp near the TE increases,

which results in a decrease of the airstream velocity near the

outboard-section TE. As it is shown in Fig. 11(a)–(d), with

an increasing AOA, jCpj in this area of the wing drops more

sharply.

A comparison between Figs. 11 and 12 shows that the end

plate has a greater effect on Cp near the LE and TE of the

40DS wing. Moreover, Comparing the CFD results of the

two studies solidly confirms that the streamline traces on the

40DS wing surface are affected more greatly by the end plate

than in the case of the 23DS wing.

As it is presented in Fig. 12(a), eliminating wing tip vortices

causes more gradual acceleration of the flow and more gradual

pressure recovery on all chordwise sections of the 40DS wing.

This gradual acceleration of the flow from the LE to the min-

imum pressure point is clearly visible on Sections 1 and 2. Fur-

thermore, the most significant effect of the end plate on

pressure recovery occurs in the outboard-Section pressure dis-

tribution of the 40DS wing, which is in the vicinity of the vor-

tex formed on the end plate (comparing pressure data of WWE

to those of WOE in Fig. 11(a)).

Fig. 12 Comparison of chordwise Cp for K ¼ 40�.
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CFD results show that in the case of the 40DS wing with an

end plate, increasing the AOA causes the streamlines to curve

more sharply toward the wing tip in comparison with those of

WOE (Fig. 12(a)–(d)). Furthermore, as the AOA increases, the

differences between the pressure results in Sections 1 and 2

remain the same, but in Section 3, the suction force near the

LE gets stronger compared to the results of WOE (Fig. 12

(b)–(d)). Moreover, like the case of the 23DS wing with an

end plate, the results show a sudden drop in jCpj near the

TE of the 40DS wing with an end plate compared to that of

WOE. As discussed before, with an increasing AOA, the

end-plate-surface vortex gets stronger, which results in a stron-

ger spanwise flow, thus affecting the airstream velocity near

the wing’s outboard-Section TE and causing a sudden drop

in the pressure distribution. As for the case of the 23DS wing

with an end plate, Fig. 12(a)–(d) show that with an increasing

AOA, jCpj drops more sharply in this region of the 40DS wing.

According to Ref.25, the presence of the lateral boundaries

around the test-section (the walls of the test-section) produces

a lateral constraint to the flow pattern around a body known

as solid blocking. For closed throats, solid blocking is the same

as an increase in dynamic pressure, increasing all forces and

moments at a given angle of attack. Furthermore, the lateral

boundaries produce an alteration to the local angle of attack

along the span.

It is found that the use of an end plat decreases the test sec-

tion’s cross-sectional area, thus increasing the effect of lateral

boundaries. Moreover, according to Ref.24, the end plate

causes a blockage effect on the flow and additional viscous

effect, especially near the end plate. These combined effects

significantly increase the magnitudes of Cp near the LE of

the wing, especially in the outboard Section, and reinforce

the spanwise flow over the surface of the wing due to the for-

mation of a vortex-shaped flow on the surface of the end plate.

The results show that the use of an end plate to eliminate wing

tip vortices have a greater effect on the 40DS wing.

4. Conclusions

(1) The results show that localized regions of separation fol-

lowed by reattachment of the flow in the chordwise-Se

ction pressure distributions occur at angles of attack

somewhat below the stall. The region of separation

starts near the leading edge of the outboard station (Sec-

tion 3) and runs inboard and aft in a continuous bubble

streak.

(2) As the sweep angle increases, the formation of a laminar

separation bubble takes place at higher angles of attack,

and at a specified angle of attack, with an increasing

sweep angle, the length of the area of constant pressure

is decreased. Furthermore, when increasing the sweep

angle, the origin of this vortex streak near the leading

edge of a wing moves to the outboard Section of the

wing.

(3) Increasing the sweep angle causes the stall phenomena

on the chordwise Sections of a swept wing to delay.

(4) The results obtained show that with an increasing angle

of attack, a vortex forms near the wing tip on the

quartet-chord line, which pushes inward from the wing

tip to the wing root and increases in size when increasing

the angle of attack.

(5) At a specific angle of attack, as the sweep angle

increases, the vortex formed on the quarter-chord line

gets stronger, further increasing the negative pressure

in this region of the wing. In addition, as the sweep angle

increases, the vortex remains attached to the wing sur-

face for higher angles of attack, causing vortex break-

down and Sectional stall to delay.

(6) The results show that an end plate causes a blockage

effect on the flow and extra viscous effect specifically

in the vicinity of the end plate. These joined effects of

the end plate significantly result in forming a vortex-

shaped flow on the surface of the end plate, and despite

our expectations, reinforcement of the spanwise flow

over the surface of the wing, thus affecting the pressure

distribution, when compared to a wing without an end

plate.
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